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PRIMARY ELECTRIC PROPULSION FOR FUTURE SPACE MISSIONS 


by David C. Byers, Fred F. Terdan, and Ira T. Myers 

National Aeronautics and Space Administration 
Lewis Research Center 
Cleveland, Ohio 

INTRODUCTION 

Primary propulsion systems for space operations have significant impact on 
mission approaches, capabilities, and costs. Driver issues such as number of 
Earth launches, structural requirements, reuse/refurbishment strategies, and 
deployment options, depend to first order on the characteristics of the space pro- 
pulsion system. Electric propulsion may significantly enhance or enable planetary 
and geocentric space missions. (1~3) For Low Earth Orbit (LEO) to Geosynchronous 
Earth Orbit (GEO) transfer, the propellant mass required with the best chemical 
propulsion concepts is several times that of the payload. With electric propulsion, 
however, the orbit transfer propellant is a small fraction of payload mass. This 
can result in a dramatic reduction in the mass required in LEO for many geocentric 
missions. Consequently, the volume of electric propulsion systems for energetic 
missions is usually significantly less than that of chemical systems. For large low 
density payloads this factor also can stroL j reduce launch requirements. The low 
acceleration characteristic of electric propulsion is consistent with the low force 
loading approaches required for fragile. Large Space Systems (LSS). As a final 
example, electric propulsion has a demonstrated long term compatibility with the 
geocentric space environment. (^) This feature may in part enable retum/refurbish- 
ments stratifies with geocentric payloads if they appeared desirable. 

Studies have been performed to define optimal primary electric propulsion 
concepts for many space missions. These studies evaluated small(3) to very large(3) 
geocentric missions and various planetary missions. (6-8) xhe diversity in the re- 
quirements resulted in optimal electric propulsion systems with very different char- 
acteristics. The thrust systems selected ranged from those employing a baseline 
30- cm system(6) to ones using advanced thruster and PMAC concepts. (3) The long 
range nature of many of the missions studied caused considerable uncertainty(3) 
with regard to the appropriate choice of thrust system characteristics. 

It is the intent of this paper to provide data and a methodology to allow prelimi- 
nary definition of electric propulsion systems. To allow application to a range of 
missions, the elements comprising the thrust system are described in parametric 
fashion. As an example, thruster performance is presented as a function of specific 
irc^ulse and propellant type. Two PMAC approaches are presented to illustrate use 
of the methodology. Nc attempt was made to include power source characteristics 



in the system description. This subject has been comprehensively discussed else- 
where. (^) One PMAC concept assumed a DC power input to the thrust system and 
all thruster power conditioned in a conventional manner. (^) The other PMAC ap- 
proach assumed an AC power source. 

To provide insights into the methodology, two point system designs are formu- 
lated from the parametrically presented element data. As it is recognized that 
element technology will change with time, the methodology selected allows an easy 
incorporation of such changes. It is hoped that the information provided will allow 
convenient preliminary descriptions of electric thrust systems for a broad set of 
missions. 


SYSTEM APPROACH 

The overall system consists of a thrust module and an interface module as 
shown in Fig. 1. For purposes of calculation the power transmission line is also 
included as part of the system. This approach has been used before(6» 10, 11) and 
is convenient for parametric evaluation of a thrust system. 

Elements which may be contained in each modulue are shown in Fig. 1. The 
elements shown in unshaded boxes are considered common to all thrust systems. 

The characteristics of these elements will vary with system level assumptions such 
as propellant t 3 rpe and specific impulse. The characteristics of the elements shown 
in shaded boxes depend on the system approach selected. 

In the following sections the characteristics of the various system elements will 
first be presented. This will be followed by the description of the general methodol- 
ogy which predicts overall system characteristics. 

ELEMENT DESCRIPTION 
Thruster 

Performance . - The performance of an electron-bombardment ion thruster is 
specified if the input power, P-j., and thrust, T, are predicted as a function of spe- 
cific impulse, Igp (All symbols used herein are defined in Appendix A). Such a 
performance description must account for the propellant type, thruster size, pro- 
pellant utilization efficiency, and thrust and power losses due to several factors. 

A parametric analysis of thruster performance was performed and the details are 
given in Appendix B. For clarity, the results of Appendix B will be summarized 
below. 

The performance envelope of a thruster may be predicted if the limits on per- 
formance are known. The fundamental limits upon thruster performance are the 
maximum ion current density that may be extracted from the ion accelerator grids 
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(the perveance limit) and the allowable range of the ratio of net to total accelerating 
voltages (R) over which a thruster may be operated. 

The maximum ion current density is specified by the propellant ion type (more 
precisely the charge to mass ratio) and the total accelerating voltage. The total 
accelerating voltage, AV, is the sum of the positive grid voltage and the absolute 
value of the volt£^e applied to the negative grid. Ihe upper limit of AV is speci- 
fied by the value above ^ich high voltage breakdown occurs between the accelerator 
grids. For closely spaced state-of-art accelerator grids, values of AV greater 
than 2000 volts have been demonstrated. Accelerator grids were assumed to be 
closely spaced to maximize the ion current density that may be obtained, i 12) jf 
operation at very high specific impulse is required, it is necessary to increase the 
grid-to-grid spacing resulting in lower ion current densities than assumed. While 
uncertain, 3000 volts is probably near the upper limit of AV possible with closely 
spaced grids made with present materials and fabricating procedures. 

The specific impulse, at an assumed AV and with a specific propellant ion, 
may be selected by operating at a given value of R. With two grid ion accelerators 
the allowable range of R was found to be between about 0. 7 and 0. 9. At the lower 
value, ions begin to directly intercept the negative grid and the higher value is 
about the point where ion beam elections begin to backstream into the thruster. 

Data have been recently been taken^^^» which indicate that values of R between 
about 0. 2 and 0. 9 are allowable with three grid accelerator systems. This range 
of R will be assumed allow'able in this paper. 

The allowable ranges of AV and R do, then, specify the operating limits of 
electron-bombardment thrusters (Appendix B). Figures 2 and 3 show thrust and 
power density parameters as hmctions of a specific impulse parameter. The use 
of Figs. 2 and 3 to obtain the input power and output thrust of a thruster is described 
in detail in Appendix B. For a fixed assumed total accelerating voltage, the attain- 
able range of the specific impulse parameter is specified by the limits on R. The 
specific impulse may be obtained from the specific impulse parameter when the pro- 
pellant ion mass, the propellant utilization efficiency, and the thrust loss factor are 
specified. Table 1 show's these parameters which have been obtained with four dif- 
ferent propellants and are felt to be reasonable estimates of performance over an 
extensive range of thruster size. It is likely that the performance parameters 
shown on Table I will improve as new technologies, such as improved plasma mag- 
netic containment approaches, are developed. 

Figures 2 and 3 show that the thrust and power densities are very sensitive to 
total accelerating voltage. These figures may be used to determine the attainable 
range of specific impulse for a given propellant and the thrust and power of any 
size thruster. . 



Mass. - The mass of a thruster is dependent both on its size and the technical 
^proaches utilized in its construction. The present baseline, 30- cm, mercury 
thruster is of the two grid, divergent magnetic field type and has a mass of 8. 8 kg. 

In the opinion of the authors, advanced thrusters will be of the three grid type, (1®, 14) 
utilize a more complicated magnetic field configuration, and operate at higher 

power densities than die baseline thruster. A preliminary calculation of the impact 
of these approaches indicated that a circular 30-cm thruster would have a mass of 
11. 4 kg when operated at power densities of about a factor of five greater than the 
baseline thruster. This mass is conservative for inert gas thrusters for which some 
thruster components, such as propellant isolators, would be much lighter than those 
of a mercury thruster. Variation of circular thruster mass as a function of thruster 
size was previously presented. (12) Those data were combined with the estimate of 
11. 4 kg for a 3t)-cm thruster and the mass of thrusters is presented in Fig. 4. hi 
Fig. 4 the diameter specified is that of the active area of the accelerator grids of 
a circular thruster. The frontal diameter of a circular thruster is typically about 
10-cm greater than the diameter of the active area. Thrusters of noncircular shapes 
may be desirable in the future and refinement of the data of Fig. 4 would be required 
if such thrusters were employed. 

Dissipated power . - The dissipated powers of system elements is generally im- 
portant as the thrust system thermal control system must be sized accordingly. The 
thruster, however, does not require a thermal control system as the dissipated power 
is radiated to space from the thruster itself. (12) 

Gimbal 

The mass of a gimbal for the 30-cm thruster was obtained from the detailed 
point system design of Ret 10. A gimbal mass of 3 kg was assumed for a thruster 
mass of 8. 8 kg. The gimbal design accounted for Shuttle landing loads. Inertial Upper 
Stage (lUS) loads, and loads from the thruster. It will be assumed that the gimbal 
mass will remain the same fraction (0. 34) of thruster mass as given in Ret 10 and 
is shown as a function of thruster diameter on Fig. 4. The assumed gimbal mass is 
expected to be conservative as the structural strength of systems may often be in- 
creased faster than the structural mass. 

As the gimbals are powered only when active gimbaling occurs the dissipated 
power will be considered negligible. 

Thrust Module Propellant Distribution 

In Ref. 10 the mass of the propellant lines and valves for a 10 thruster mercury 
system was calculated as 8. 4 kg. Exact masses will, of course, depend strongly 
on the system concept^ especially with how the thrusters are distributed. In this 
study an arbitrary mass of one kilogram per thruster will be charged to the thrust 
module propellant distribution system. 
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Thrust Module Structure 

The thrust module structure serves to cantilever the thrusters and gimbals 
away from the interface module. This structure is very specific to overall system 
design and a detailed parametric evaluation is beyond the scope of this paper. The 
detailed point design of Ref. 10 estimated that a thrust module structure of 36. 3 kg 
was required to support a total thruster and gimbal mass of 117. 3 kg. The structure 
was sized to account for Shuttle landing loads, lUS loads, and the loads imposed by 
the thrusters and gimbals. In addition, the thrust module structure accommodated 
a large total gimbal angle capability of 70 and 30 degrees in two orthogonal directions. 
As with the gimbals, the mass of the thrust module structure will be assumed to be 
a constant fraction (0. 31) of the thruster plus gimbal mass. 

Power Management and Control 

The Power Management and Control (PMAC) system configuration is shown in 
Fig. 1 with specific elements dependent on the PMAC concept chosen. Two PMAC 
approaches were selected for analyses in this paper. The first assumed a direct 
current (DC) power source with conventional(6> 1®) power processing. The second 
concept assumed an alternating current (AC) power source which altered some of 
the PMAC elements used in the conventional approach. In order to provide para- 
metric data on PMAC elements a review of the available literature was performed. 
Details of the analyses are contained in Appendix C and those results will only be 
summarized in the following sections. Tables II and ni present equations for he 
element masses and dissipated powers for both the conventional DC and the AC con- 
cepts, respectively. 

Conventional DC PMAC Approach . - The conventional PMAC system was de- 
scribed previously(10, 11) in single point system designs along with the photovoltaic 
power system, (17) 

Figure 1 shows the conventional PMAC of the thrust module consisting of the beam, 
discharge, and low voltage supplies. It is assumed that each thruster, including any 
redundant ones, requires one each of these power supplies. 

Both the beam and discharge supplies were assumed to be of the series resonant 
type. (18) This concept has been highly developed for electric propulsion application 
and has particular promise for application at high power levels. The parametric 
evaluation of the beam and discharge supplies utilized data from point designs for 
thrusters operated at 2, 2. 2, and 6 kW. (18-20) Tables II and III show the results of 
the evaluation for values of beam and discharge powers greater than 2, 0 and 0. 3 kW, 
respectively. The dissipated powers assume constant beam and power supply efficien- 
cies of 0. 92 and 0. 88, respectively. Figure 5 graphically presents the beam supply 
characteristics between 2 and 1000 kW. 



The low voltage supplies were assumed to be of the square wave output type 
emplo 3 dng magnetic amplifier control. Each low voltage supply was assumed 
to have a fixed output power of 50 W (Appendix B) and a fixed efficiency of 0, 625. 

The Conventional PMAC interface module contains the beam Md discharge re- 
configuration units, a distribution inverter, a housekeeping converter, and a thrust 
system controller. The latter three elements are assumed identical for both the 
PMAC concepts evaluate -i. 

The distribution inverter sui^lies about 80 W to the low voltage supplies at an 
assumed efficiency of 0. 9, The .mass and total output power of the distribution 
inverter is dictated by the number of active thrusters (N’) chosen. For system 
calculations one redundant distribution inverter was assumed. 

A housekeeping converteH^O) was assumed to suf^ly power to drive the logic 
systems of supplies in the thrust module and the thrust system controller and inter- 
mittent power to other thrust module elements. In addition, the converter defined 
previously(10) was assumed to supply a constant 0. 4 kW to other systems of the 
spacecraft. This cs^ability will also be assumed. Based on the point design of 
Ref, 10 the equations for the converter mass and dissipated power were obtained 
as shown on Tables II and in. The efficiency of the converter was assumed con- 
stant at 0. 9 ( 10 ) and one redundant converter was also assumed for system mass 
calculations. 

A thrust system controller for a 10 thruster system was previously defined. (10) 
The mass and dissipated power of that controller were 4 kg and 15 W, respectively. 
For system calculations it will be assumed that the mass and dissipated power of 
the controller remain constant at the values given in Ref. 10. This was assumed 
as the controller consists of very lightweight logic systems which will negligibly 
impact overall system design. 

Beam and discharge supply reconfiguration units were studied(10) for a conr 
ventional DC power system. In that study the beam and discharge supply input 
filters were assumed to be part of the reconfiguration units. In this study the input 
filters were assumed contained in the thrust module supplies. For the conventional 
case the reconfiguration units are, therefore, basic^ly just power distribution 
cables. Ihe cabling mass is assumed proportional to the input power to the beam 
and discharge supplies and the efficiency for the DC case was taken to be 0. 995. 

AC PMAC Approach . - For the AC system approach all PMAC elements are 
assumed identical to those of the DC system except for the beam supplies and the 
beam and discharge reconfiguration units. 
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The reconfiguration unit was assumed to be a transformer which fed 1200 Hz 
power to the beam and discharge supplies. A preliminary analysis of the discharge 
supply indicated that, due to several tradeoffs, its characteristics were nearly iden- 
tical to those for the DC case. The beam supply was, however, assumed to consist 
of a three phase full wave rectifier, a low pass LC filter, and breaker type switch 
gear. The developmeni of the parametric data for both the beam supply and recon- 
figuration unit are presented in Appendix C and the results are shown in Tables II 
and III. 


Thermal Control 

The thermal control system rejects dissipated powers from both the thrust and 
interface module by radiation to space. A thermal control system consisting of single 
sided radiators and heat pipes was assumed. A detailed analysis of such a system 
was presented in Ref. 6 in which various parameters, such as heat pipe spacing, 
were optimized. Again, the thermal control system was designed to accommodate 
Shuttle landing and lUS loads. The radiators were assumed to receive no direct 
solar flux but had a view factor of about 0, 15 to other spacecraft elements, such 
as solar arrays, that received an equivalent one Astronomical Unit (AU) solar flux. 

In addition, the overall thermal control system was sized to maintain critical ele- 
ment baseplate temperatures at about 333 K (60° C). 

For the selected design of Ref. 6 the specific mass of the thermal control sys- 
tem was 27 kg-kW~ ^ with about 0. 41 kW radiated per square meter of radiator 
frontal area. 

In this study it will be assumed that it is necessary to maintain critical base- 
plate temperature at 323 K (50° C) rather than 333 K, as assumed in Ref. 6. This 
has the effect of increasing the required radiator frontal area by about 15 percent. 

The specific thermal control system mass assumed herein will therefore be taken 
as; 


Mth - 31 Ppis (1) 

Also it will be assumed that 0. 35 kW is radiated per square meter of radiator 
frontal area. It is likely that both the mass and area estimates of the thermal con- 
trol system are conservative because radiation from only one side of the radiator 
was assumed. 


Propellant Tankage 

Either pressurized noncryogenic or cryogenic propellant tank concepts may be 
required for propellants of interest. Both concepts will be considered separately 
below. 
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PresBuriged noncryogenic tanks. - In pressurized sfdierical tanks it is usual 
to calculate the tank mass based on the tank wall thickness required to withstand 
a stress, S, given by; 


Pplbr MpG 

S = + £ (2) 

2t 2ir R^t 

The first and second terms of the right hand side of Equation (2) account, respec - 
tively, for tangential stresses induced by the internal tank pressure, Pp, and by 
stresses arising from space vehicle accelerations. The ratio of tank mass 
to propellant mass, Mp, can be obtained directly from Equation (2) for a spherical 
tank as: 


M. 


T _ 3 


MW 


PipX 

PpS 




1/3 



(3) 


If a small cylindrical section exists in a basically spherical tank. Equation (3) 
may be used with adequate accuracy if the left hand term in the bracket is doubled 
to account for axial loads. 

Equation < 3) may be used to predict tankage mass fractions for many candidate 
propellants. Tank masses for mercury and xenon will be discussed below. 

Many stainless steel mercury propellant tanks have been designed and fabri- 
cated. 10» 11) In mercury tanks the maximum storage pressure is usually about 
3. 45x10^ Pa (50 psi) and a value of G of about 9 is typically selected to account 
fur Shuttle landing loads. If a safety factor, X, of three is assumed, and an allow- 
able stress, S, of 2. 0&<10® Pa (^10^ psi), a ratio of spherical tank mass to pro- 
pellant mass of 0. Oil is obtained for a propellant mass of 1000 kg. In practice, 
most mercury tanks have a cylindrical section which would result in a tankage frac- 
tion of 0. 0144. This value is in good agreement with the detailed mercury tank de- 
sign presented in Ref. 10. 

Xenon storage has also been evaluated. (31) Reference 21 showed that xenon 
could be stored at pressures ranging from 4. dxlO® to iSxlO® Pa (580 to 2175 psi) 
with temperatures up to 323 K (50*^ C). For a titanium spherical tank, a safety 
factor of unity, and a load factor of 9; the xenon tankage mass fraction for a pro- 
p>ellant mass of 2. 77xl03 kg is calculated from equation 3 as 0. 144. For purposes 
of calculation a pressure of 1. 01^ 10*^ Pa (1470 psi) was assumed along with a xenon 
denSity(21) of 1. 15xl03 kg-m“3. This tankage fraction is conservative. As pointed 



out in Ref. 21. use of new composite materials could probably reduce the tankage 
mass fraction to about 0. 09. 


Cr^'ogenic tanks. - The tankage mass fraction of a cryogenic argon tank was 
calculated based on a detailed point design(22) and was presented previously. 

The tankage mass fraction for the cryogenic argon tank concept presented in Ref. 12 
is accurately represented by: 


V^pyCRY 



(4) 


Equation (4) predicts a tankage mass fraction of 0. 1 for 1000 kg of argon pro- 
pellant. This is more than a factor of five over that previously shown to be required 
for an equal mass of mercury. It is felt, therefore, that use of Equation (4) will ac- 
count for the expected space vehicle acceleration loads. To account for propellant 
density effects the cryogenic mass tankage fraction will be taken as: 


l^pJcRY 



M 



(5) 


Interface Module Structure 

The interface module structure supports the thrust module and all elements of 
the interface module and serves as the connection to the payload. A detailed evalua- 
tion of structure is beyond the scope of this report ahd the (’etailed analysis of Ref. 10 
will be used as a baseline. In Ref. 10 the total mass of the thrust and interface mod- 
ules, including 1810 kg of propellant, was 2820 kg. The interface module structural 
mass, designed to account for lUS and Shuttle landing loads and to support the thrust 
system, was calculated at 38. 4 kg, or approximately 1. 4 percent of the thrust system 
mass. The thrust system of Ref. 10 was relatively compact as the dense mercury 
propellant required a small tan': relative to mojt other potential propellants. In order 
to provide margin in the estimates of overall system characteristics, it will be as- 
sumed that the interface module structural mass is given as; 

This value is about three times the interface module structure mass given in 
Ref. 10 and should provide a conservative mass estimate. 


Transmission Line Characteristics 


For large thrust systems the characteristics of the transmission lines become 
significant. The mass of an optimum AC or DC transmission line was derived in 
Ref. 23 as; 




10 ^ 


F„PL 


1/2 
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(7) 


The optimum transmission line was selected to minimize the sum of mass of the 
power system and the transmission line (including any required heat rejection sys- 
tem). 


Table TV shows the factor Fy for different t 3 T>es of power distribution. The 
quantity ‘s given in Table V for several candidate line materials. 

The parametrically expressed mass of the transmission line is plotted in Fig. 6 
for copper and aluminum with the sum of cvps and as a parameter. For an 

advanced space power system that is carefully designed for light weight, the sum of 
ctpg and is probably in the range of 0. 01 to 0. 1 kg/watt for present state of 

the art. Due to the square root dependence of Ml on (o-jiR optimum 

transmission line mass varies only slowly with those parameters. The mass indi- 
cated on the curve is only for the metal busbars; allowance must be made by the 
system designers for cable insulation and cable supports. 


The power loss in the transmission line, for the optimum current density, 

IS: 


^l(®ps “hr)* 


^LOSS ^ Pl gv 

^ V “PS “hr 

where Nl is the number of transmission lines involved. In order to reject trans- 
mission line dissipated power without additional radiator surface it may be necessary 
to use flat conductor '. 


THRUST SYSTEM EVALUATION 

A methodology which predicts overall thrust system properties is shown on 
Fig. 7. To provide insight into its use two system approaches were arbitrarily 
selected for analysis. The basic input assumptions and derived characteristics for 
both system approaches are shown on Table VI. 



The missions selected for thrust system concept evaluation are roughly equiva- 
lent to an orbit transfer from LEO to GEO. Concept A assumed the AC PMAC ap- 
proach that was previously described. Concept B assumed mercury propellant and 
a conventional DC power source. 

In order to illustrate the methodology, thrust system concept A was selected to 
provide s detailed explanation. For thrust system A arbitrary values of a final mass 
of 10^ kg, specific impulse of 2500 seconds, a mission velocity increment of 6000 
m-sec“l , and a trip time of 150 days were selected. The thrust may then be calcul- 
lated as f. 26 N from the following equation^^^). 

M 

^T " at - ly Ispg- 1- (9) 

The propellant is also obtained as 2. 77xl03 kg frorn^^^). 

Mp = Mp 

This propellant mass will be used later to estimate the propellant tank mass. 

Thrust Module 

Appendix B discussed in detail the methods to obtain the values of thrust and 
thruster powers shown on Table VI- B. The masses and dissipated powers shown 
on Table VI-B were obtc^ned directly from the data presented in Tables II and III. 
and in Appendix C. 

From Fig. 4 the individual thruster and gimbal masses are obtained as 21 and 
7 kg, respectively. 

By dividing the system thrust by individual thruster thrust the number of active 
thrusters, N*, is found as 12. 2. This number is rounded up to 13 to provide an 
integral number of thrusters. For a fixed final mass this rounding up has the effect 
of slightly shortening the trip time from the assumed 150 days to about 141 days. 

With the number of active thrusters obtained, the total power into the thrust 
module is N* times the sum of the dissipated power of each active power supply 
and the total power into each thruster. 

A redundancy factor of 23 percent was arbitrarily chosen. This results in a 
total number of thrusters, N, of 16. In this analysis each thruster is assumed to 
have a full complement of PMAC. From the value of N the mass of all the elements 
of the thrust module may be calculated as based on discussions and equ .tions pre- 
sented in this paper. 
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Interface Module 

The propellant tank mass was calculated from Equation (3) using the assumption 
shown bn Table VI- C. It is possible that substantial reductions in xenon propellant 
tank mass could be achieved if materials of advanced types were substituted for the 
titanium material assumed. (21) 

The interface module PMAC masses and dissipated powers are calculated 
directly from the data of Tables II and III. A redundan> Ustribution inverter, con- 
verter, and thrust system controller was assumed to derive overall interface module 
characteristics. 


Transmission Line 

The characteristics of the transmission line are shown on Table VI- D. It is 
important to note that the mass and dissipated power of the transmission line were 
a consequence of an optimization process which minimized the mass of the power 
source and transmission line for a fixed iiyiut power to the interface module. 

Thrust System 

The overall characteristics of the conventi('nal and AC systems selected for 
analysis are shown on Table VI- A. The system characteristics are, of course, 
strong functions of the assumptions utilized. In the examples used in this paper, 
quite conservative assumptions were empljiyed throughout. As examples of these 
assumptions present day performance parameters were used, only single sided 
radiation was assumed, and an interface module mass was assumed which was a 
factor of three larger than indicated in a previous study. (1®) Table VI- A shows 
that the dry thru?t system specific mass was between 16 and 18 ltg-kW“^.for the 
two concepts chot x Improvements in technology would be expected to lower the 
dry specific mass from that predicted for the point designs evaluated. 

CONCLUDING REMARKS 

A methodology was presented which allows prediction of the characteristics of 
thrust systems employing electron bombardment thrusters. Element characteristics 
were presented parametrically to allow a mission designer to assess the impact of 
element technology on overall mission performance and requirements. Two point 
system designs were presented to illustrate the use of the methodology. 
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APPENDIX A - LIST OF SYMBOLS 
active ion acceleration area of thruster, 
open area of positive accelerator grid, 
transmission line factor from Table IV 
load on propellant tank in units of g 
gravitational constant, 9. 8 m-sec"^ 
transmission line current, A 
specific impulse, sec 
ion beam current, A 
transmission line length, m 
propellant ion mass, AMU 
beam power supply mass, kg 
housekeeping converter mass, kg 
beam supply total capacitor mass, kg 
beam supply control electronics mass, kg 
discharge power supply mass, kg 
distribution inverter mass, kg 
final spacecraft dry mass, kg 
interface module mass, kg 

interface module structural mass less structural mass, kg 
interface module structural mass, kg 
transmission line mass, kg 

beam supply filter and rectifier mass for AC power case, kg 
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M 


LD 


M 


MB 


M 


MCB 


M 


OCB 


M, 


M 

Me 

M^ 

M, 

M, 

M. 
N 
N’ 

N. 


RU 


TH 


TM 


TSC 


B 


D 


DI 


DIS 


LB 


LC 


low voltage power supply mass, kg 

beam supply magnetics and structure mass, kg 

beam supply magnetics mass, kg 

beam su{^ly output capacitor mass, kg 

propellant mass, kg 

reconfiguration unit mass, kg 

switchgear mass, kg 

propellant tank mass, kg 

thermal control system mass, kg 

thrust module mass, kg 

thrust system controller mass, kg 

total number of thrusters 

number of active thrusters 

number of transmission lines 

total thrust system input power, kW 

individual thruster beam power, kW 

housekeeping converter output power, kW 

individual thruster discharge power, kW 

distribution inverter output power, kW 

dissipated power, kW 

individual thruster fixed power, kW 

beam supply dissipated power, kW 

housekeeping converter dissipated power, kW 
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^LD 

^LDI 

\o 

^LOSS 

P 

LRU 

^LTSC 

Pru 

Pt 

R 

R^ 

S 

T 

Tt 

t 

AT 

Vb 

Vl 

Vm 

AV 


a- 


PS 


Oi, 


HR 


discharge supply dissipated power, kW 

distribution inverter dissipated power, kW 

low voltage supply dissipated power, kW 

transmission line dissipated power, kW 

reconfiguration unit dissipated power, kW 

thrust system controller dissipated power, kW 

propellant storage pressure. Pa 

reconfiguration unit output power, kW 

individual thruster total input power, kW 

ratio of net to total accelerating voltage 

propellant tank radius, m 

allowable stress in propellant tank walls. Pa 

individual thruster output thrust, N 

thrust module output thrust, N 

propellant tank wall thickness, m 

trip time, days 

net accelerating voltage, V 

transmission line voltage, V 

mission velocity increment, m-sec~l 

total accelerating voltage, V 

propellant tank design margin 

specific mass of power source, kg-w“^ 

specific mass of transmission line thermal control system, kg-w~l 



thrust loss factor 


energy required to form an ampere of ion beam, W/A 

density of liquid argon, kg-m"^ 

density of transmission line, kg-m~3 

propellant density, kg-ir“3 

propellant tank material density, kg-m~^ 

propellant utilization efficiency 

resistivity of transmission line, ohm~m 
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APPENDIX B 

THRUSTER PERFORMANCE 

17) ' operating characteristics of the thruster, such as specific impulse and 
powei t ^vel, have a dominm c effect on overall thrust system properties. Detailed 
r. vii-v > of the operating principles and designs of electron bombardment ion 
thrus rs have been presented elsewhere^®* and will not be discussed herein 
oxcepi as required to describe the limits of thruster operation. 

The major constraints on thruster operation(^^) are the limit on ion current 
density (perveance limit) and upper temperature limits. It has been shown(^2) that 
argon t iruster operation was limited by temperature constraints only for values ol 
speciG impulse above about 10, 000 seconds. For missions of nearest tc±m interest, 
operut. >n at lower values of specific impulse, where the perveance limit dominates. 

:s likely to be desirable. Thermal limits will, therefore, be rieglected in the follow- 
iig discussion. 

Th(- perveance limit has been determined expe: imentally for a number of pro- 
pellants. With state-of-art close spaced ion optics (which maximize the attain- 
able ion current density) this limit was determined to be; 


H AV • 

< 5. 7x10“® - (B-1) 

-'o \/M 

Equation (B-1) »ws that for a given propellant ion mass the upper limit on 
ion current densit) iS extremely sensitive to the total accelerating voltage, AV. 

AV is the sum of the absolute values of voltage applied to the positive and negative 
accelerator grids. For state-of-art close spaced accelerator grids, total accelerat- 
ing voltages of greater than 2000 volts have been demonstrated. Although uncertain, 
3000 volts is probably near the upper limit that can be obtained with present accelera- 
tor grid materials and fabrication procedures. 

Equation (B- 1) m. , be rewritten as 


^ ~ 4.0x10 
A ^ \/M 


-5 V. 


R 


2. 25 


(B-2) 


To O' tin E fuation (B-2) the positive accelerator grid was assumed to be 70 percent 
oi'.'n in agreement wit\ present designs. The total and net accelerating voltages are 
related through the equation 


(B-3) 
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A previous study(12) of thrusters defined operating limits for thrusters for 
which two grid ion optics were assumed. For two grid optics the range of accept- 
able values of R is small, approximately between 0. 7 and 0. 9. Subsequently, it 
has been determined(^^) that with three grid ion optics a fixed thruster design will 
operate over a wide range of the ratio of net to total accelerating voltage, R, from 
about 0. 2 to 0. 9. Variation of R at a fixed total accelerating voltage has the effect 
of varying the ion accelerating voltage and, hence, the specific impulse of the 
thruster. 

From Equation (B-2) the thrust densiQr limit of a bombardment thruster may 
be computed as: 


T ~ 


5. 2x10-9 




R 


2. 25 


(B-4) 


For operating margin in Equation (B-4) the thrust per unit area was reduced 
by an arbitrary ten percent from the limit defined by Equation (B-2). In Equation 
(B-4) the thrust loss coefficient, y, accounts for multiply charged ions, ion beam 
divergence, and the small thrust loss due to the difference between the actual net 
ion energy and that implied by Vr- 

The specific impulse of a bombardment thruster is given by: 

Isp= 1.41X103 (B-5) 

The input power to a bombardment thruster is adequately given as: 


P-j. = 10“^ X ! J^lYg + ev) + Pp 


(B-6) 


Values of ev, for propellants of likely application, are presently between about 
150 and 250 VV per beam ampere. The lower end of this range is t 5 rpical of heavy 
propellants with large ionization cross sections and the upper end of the range is 
t)rpical of lighter propellants. 

The value of Pp is negligible when compared with the powers required to 
accelerate and create the ions. For example, Pp for the 30- cm, 2. 750 kW, mer- 
cury thruster is about 50 W. Pp wall, therefore, be neglected in calculations of 
thruster power. 

Combination of Equations (B-2) and (B-6) yields an equation for the power den- 
sity of electron bombardment thrusters: 
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3. 6k 10-8 

Vm R 


2. 25 

(Vg + ev) 


(B-7) 


For operating margin the power per unit area given by Equation (B-7) was re- 
duced by an arbitrary ten percent from the limit inferred by Equations (B-2) and (B-6). 
In Equation (B-7) the thruster iiq)ut power, Pj, includes both the ion acceleration 
(beam) and creation powers. For later reference the ion beam power density is given 
as: 



^ 3. exio~^ 
a/m 


v3. 25 

''b 


j^2.25 


The ion creation (discharge) power density is defined by: 


(B-8) 



3. 6x10-8 

Vm 


V \ 2, 25 

By 


(B-9) 


To be consistent with the data shown on Figs. 1 and 2 the ion acceleration and 
creation power densities have been reduced an arbitrary ten percent from limit 
values. 


Inspection of Equation (B-5) indicates that selection of the values of R and AV 
specifies the specific impulse parameter, Igp a/M/»?UY. From Equations (B-3) 
and (B-4) the values of R and AV also specify the thrust density divided by the 
thrust loss factor. This ratio will be referred to as the thrust density parameter. 

If ev is also specified the value of the thruster ii^)ut power multiplied by the square 
root of the ion mass, hereinafter referred to as the power density parameter, is 
given from Equation (B-7). 

The stated conditions allow the thrust and power densities to be plotted as a 
function of specific impulse parameter for a given assumed value of total accelerat- 
ing voltage. These plots are given as Figs. 2 and 3 of the main text. To provide 
operating margin the thrust and power densities shown in Figs. 2 and 3 reflect the 
arbitrary ten percent reduction from the limits derived from Equations (B-4) and 
(B-7). 


To illustrate the use of the parametric data described above the characteris- 
tics of a 50-cm diameter circular xenon thruster will be calculated. For an arbitrary 
value of specific impulse of 2500 seconds and the performance parameters for xenon 
shown on Table I the specific impulse parameter is calculated to be 3. 17x10^. If a 
conservative value of total accelerating voltage of 1750 volts is selected, the thrust 



* ^ 
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and power density parameters from Figs. 2 and 3 are 2. 31 N-m~2 and 492 kW-m”^, 
respectively. When the thrust density paramett r is multiplied by the thrust loss 
factor for xenon (Table I) the resultant thrust density is given as 2. 19 N-m"^. When 
the power density parameter is divided by the square root of the mass of a xenon ion 
a power density of 42. 9 kW-m"^ is obtained. The resultant thrust and power, after 
the fixed power loss is added, are 0. 43 N and 8.47 kW, respectively. As stated pre- 
viously, these values represent a ten percent reduction from the limit implied from 
Equatio •- (B-2). 

The beam and discharge powers are calculated as follows. The value of Vb is 
calculated as 507 V from Equation (B-5) as the specific impulse parameter was pre- 
viously determined. From Equation (B-3) the value of R is obtained as 0. 29. Use 
of the value of ev from Table I and Equations (B-8) and (B-9) yields beam and dis- 
charge powers of 6. 18 kW and 2. 24 kW, respectively. 



APPENDIX C 


POWER MANAGEMENT AND CONTROL 

Two PMAC concepts are chosen for analysis, a conventional (DC) configura- 
tion, and an AC configuration. A parametric description of the masses and dis- 
sipated power of the major PMAC elements is developed and results are given in 
Tables II and IIL 


Conventional (DC) PMAC System 

As shown in Fig. 1, the thrust module elements consist of conventional beam 
and discharge supplies and a set of low voltage power supplies which provide the 
conditioned voltages and currents required by the thruster. 

Both the beam and discharge supplies were assumed to be of the series resonant 
t 5 rpe(l®) operating at a conversion frequency of 20 kHz. This converter was chosen 
because of its present state of development for solar electric propulsion and its prom- 
ising application at higher power levels. 

A detailed analysis was performed of series resonant converters with ou^uts of 
2. 0, 2. 2, and 6. 0 kw(l8, 19, 20, 27) amj of the beam supply used on the SERT II mis- 
sion.(25. 26) Tije converters mass was separated into three major elements-power 
magnetics, power c^acitors, and control electronics. 

Power magnetic mass was found to vary approximately to the 3/4 power of the 
output power and is given by; 


^MCB 2. 5 



(C-1) 


For purposes of this analysis the input filter magnetic mass was included in the con- 
verter mass assessment. As magnetics mass increases with increasing power the 
ratio of magnetic mass to structure mass will decrease. A resonable assumption 
is that the structure to support the power magnetics will vary approximately to the 
2/3 power of the magnetic mass. Therefore the magnetic component and its struc- 
ture are given by 


Mmb « 2. 5 P|/^ + 1. 8 P^2 (C-2) 

The second major element is the power capacitor mass. Analysis was per- 
formed of the output filter assuming the output ripple must not exceed one percent 
and the density is approximately 0. 1 joule/gm. The mass variation was determined 
to be; 
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Mqcb« 0-025 Pg (C-3) 

To determine the parametric variation of the total capacitor mass a plot was made 
of mass versus power for 2. 0, 2. 2, and 6. 0 kW. The equation describing the varia- 
tion is given by 


Mcb « 0. 04 Pg + 2. 5 (C-4) 

The coefficient depends on both the input and output ripple requirements. To achieve 
one percent ripple it is assumed the power capacitor mass may be approximated by: 

Mcb » 0. 05 Pg + 2. 5 for Pg > 2 kW (C-5) 

The third element of the beam converter mass assessment is the control electronics. 
This mass was found to remain relatively independant of power and is given by: 

^CEB ~ 2 (C-6) 

The structure to support the nonmagnetic components (Mcb + ^ceb) assumed 
to be equal to the component mass. 

The mass of the conventional beam supply is expressed by: 

®*B ®®MB 2(Mcb + ®®CEB^ (C-7) 


or 


M 


B 


2.5 


p3/ 4 
^B 


+ 1 , 8 


pl/2 


+ 0. 1 Pg + 7. 6 


(C-8) 


The percent efficiency of the series resonant type beam supply and input filter 
is t 5 q)ically in the low nineties and projected to be 92. 9 at 6 kW. (20) it is felt that the 
efficiency will increase for power outputs as improved switches are developed. For 
purposes of this paper it is assumed the efficiency is a constant 93 percent through- 
out the power range. The dissipated powers are approximated by: 


^LB ~ ^ ^B 


(C-9) 


Parametric analysis of the discharge supply mass is identical to that of the con- 
ventional beam supply. The mass is given by: 

Mg ~ 2. 5 Pg/^ + 1. 8 pJ/2 + 0. 1 Pg + 3 


(C-10) 
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Analysis of the efficiencies of the discharge supplies (18-20) showed them to remain 
nominally constant at 88 percent. For this analysis it is assumed this efficiency 
will be nominally constant at 88 percent for discharge powers up to 50 kW because 
of the low voltage high current output of this supply. The dissipated power is ex- 
pressed by: 


j 2 p 

LD ~ 22 D 


(C-11) 


The third major element of the conventional PMAC system is the low voltage 
power supplies. The mass of these supplies together with the command, data, and 
protection systems was found to be nominally constant and is expressed by: 

~ 15 (C-12) 

Analysis of these supplies(^ showed the output power to be about 50 watts and dis- 
sipative losses to be about 30 watts. 

The interface module contains the beam and discharge power reconfiguration 
units, a distribution inverter fo.' the low voltage supplies, a house keeping converter, 
and a thrust system controller. The latter three are the same for either PMAC con- 
cept and only the reconfig^uration units differ. 

The reconfiguration unit for the conventional PMAC system is assumed to con- 
sist only of interconnecting wiring and filtering. It is assumed the mass would be 
approximated by: 


Efficiency was assumed to be about 99. 5 percent and the dissipated power given by: 

Plr^, ~ 0. 005 Pj^U (C-13) 

(where Pj^^ = (Pg + Plb + + Pld> 


The distribution inverter chosen provides AC power of about 80 watts to each 
thruster. Size and mass of the unit is dictated by the number of active thrusters 
(N') chosen. The mass is approximated for powers greater than 300 W by: 


M 


DI 


+ "• 1 •’ra + "• ^ 


(C-14) 
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Efficiency was assumed to be relatively constant at about .*0 percent when the unit 
is operated near full capacity. The dissipated power is expressed by; 

Pldi ~ 5 Pdi <C-15) 


(where Pjjj = N’ xO. 08 kWO 

The house keeping converter provides 400 watts to support spacecraft loads and 
approximately 30 watts per active thruster for logic p>ower and telemetry. The mass 
is approximately by; 


~ + 0. 1 P(, + 0. 9 (C-16) 

where P^^ = 0. 03 N* + 0. 4 

Efficiency was assumed to be 90 percent when the unit is operated near full capacity. 
The dissipated power is expressed by 


^LC~I 


(C-17) 


The thrust system controller provides operational control, data, and safe guard- 
ing functions. The mass of this unit is assumed to remain constant at about 4 kg with 
losses of about 15 watts. 


AC PMAC System 

The AC PMAC system concept assumed a 3 phase distribution transformer which 
provided multiple outputs for the individual beam and discharge supplies. The empha- 
sis in this concept was to minimize losses and the resulting thermal control mass. 
Discharge and low voltage power supplies in the thrust module are the same as those 
used in the conventional PMAC system. 

Each beam supply was configured with a 3 phase full wave rectifier, a low pass 
LC filter consisting of a heat pipe cooled inductor, and switchgear. The output ripple 
was assumed to be one percent. The parametric mass of the h-C filter and rectifiers 
was calculated and is given by 


Mlcd~0.12Pb (C-18) 

and the switchgear mass is estimated as 

“SG - “• 4^^ 


(C-19) 
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filcluding the structure mass which is assumed to vary as the 2/3* s power of 
Mlcd mass of the beam supply is approximated by 


Mg ~ 0. 12 Pg + 0. 32 + 0. 18 


(C-20) 


Efficiency is assumed to be 98 percent and the dissipated power is expressed by 


P 


LB 


— P 
49 B 


(C-21) 


The beam and discharge power reconfiguration unit of the AC PMAC syste 
the only interface module element that differs between the two systems. This < 
consists of the 3 phase distribution transformer that supplies input power at 
1. 2 kHz to the beam. and discharge supplies. Power magnetics in the conventional 
PMAC system were optimized for their specific design points using conventional 
cooling techniques. Heatpipe cooling was assumed in the conceptual design of the 
3 phase transformer in the AC PMAC system. Incorporation of heat pipes into 
transformers has shown that the total mass is significantly reduced. Additionally 
the mean winding temperatures are lowered leading to higher reliability and longer 
life. Calculations show the mass of such a transformer would be about 110 kilo- 
grams for an output of 100 kilowatts and a frequency of 1200 Hz. Scaling on this de- 
sign point, the mass of the transformer and its support structure is approximated by: 

Mgy « 3. 5 P^^ + 2. 3 P^/^ (C-22) 

Losses were assumed to be about one percent. 

P ~ JL p 
LRU 99 RU 


(C-23) 
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TABLE L - THRUSTER PERFORMANCE PARAMETERS 


WITH VARIOUS PROPELLANTS 


Propellant 

Propellant 

Propellant 

Thrust 

Power per 


mass. 

utilization 

loss 

beam ampere. 



efficiency. 

factor, 

€V, 


AMU 

% 

y 

W/A 

Mercury 

200. 61 

0.95 

0. 95 

150 

Xenon 

131.3 

,95 

\ 95 

183 

Krypton 

83.8 

.9 

^95 

220 

Argon 

39.9 

.8 

^95 

250 

^Beam divergence loss contribution to y 
data with mercury propellant. 

taken from 


PRECEDING PAGE 8LAf4K NOi 



TABLE U. - SUMMARY OF PMAC MASSES 





TABLE UL - SUMMARY OF PMAC DISSIPATED POWERS 


Conventionpi AC 

Individual Total Individual Total 

Thrust mod ile 


3e?m supply 

p ^ JL p 

*^LB 93 

N'Pb 


Dis ^narge supply 


n’Pd 'I 

^ Identical to conventional approach 

Low voltage supply 

Pl^~0.03 

N*(0.on)J 



Interface module 


Distribution inverter 

**LDI ~ 9 **DI 

Identical to conventional 

House keeping converter 

**LC 9 **C I 

approach 


Thrust system controller 

**LTSC *■ J 



Beam and discharge reconfig. 

P ~^P P 

*^UIU 199 RU LRU 

P 

99 RU 



TABLE IV. - VOLTAGE DISTRIBUTION FACTOR 


Type of distribution and method of 
specifying voltage 


dc, 2 wire 

dc, 2 wire, ±V, balanced 
dc, 3 wire, iV, balanced 
Single- phase ac, 2 wire, 
Single- phase ac, 2 wire. 
Single-phase ac, 3 wire. 
Single-phase ac, 2 wire. 
Single- phase ac, 3 wire, 
Three-phase ac, 3 wire. 
Three-phase ac, 4 wire. 
Three-phase ac, 3 wire. 
Three-phase ac, 4 wire. 
Three-phase ac, 3 wire. 
Three-phase ac, 4 wire. 
Three-phase ac, 3 wire. 
Three-phase ac, 4 wire, 


rms 

±V, rms, balanced 
±V, rms, balanced 
pk-pk 

dbV, pk-pk, balanced 
Vltn> balanced 

Vltn> balanced 

Vltn> balanced 

Vltn» pk-pk, balanced 
Vltl> balanced 

V rms, balanced 
Vltl’ Pk“Pk, balanced 
Vltl> pk-pk, balanced 


Voltage distribution 
factor, 

^V 

2, 00 
1.00 
1.225 
2. 000 
LOOO 

1. 225 i 

2. 828 (2 V' 2) 

1. 732 ( ^/3) 

1. 000 

1. 155 (2/ \/3) 

1. 414 ( V2) 

1. 633 (4/ ',6) 
1.732 (A ^) 

2. 000 

2. 449 ( V6) 

2. 828 (2 z'i) 



TABLE V. - TRANSMISSION LINE MATERIALS 


Materials 

D^sity, 

^L*„ 

kg/ni'* 

Resistivity, 

^L> 

ohm-m 

«lpl. 

kg ohm/m'^ 

Copper 

8 960 

L 72x10"^ 

1. 55x10“^ 

Silver 

10 500 

1. 59x10“® 

1. 67x10“^ 

Gold 

19 320 

2. 44x10“® 

4.71x10“'^ 

Aluminum 

2 700 

2. 82x10“® 

0.76x10“'^ 

Beryllium 

1 850 

4. 0x10“® 

0. 74x10“4 

Sodium 

970 

4. 3x10“® 

0.42x10“^ 



TABLE VI-A. - THRUST SYSTEM CONCEPTS 


Overall characteristics 


Concept 


A B 


Mission parameters 


Velocity increment, m-sec~l 

6000 

6000 

Trip time, days 

150 

150 

Final mass, kg 

10^ 

10^ 

Specific impulse, sec 

2500 

2000 

Thrust module 

Mass, kg 

1233 

1278 

Input power, kW 

116. 1 

94.7 

Propellant type 

Xenon 

Mercury 

Interface module 

Dry mass, kg 

791.6 

286. 3 

Total mass, kg 

3562 

3866 

Input power, kW 

119. 3 

96.9 

Transmission line 

Mass, kg 

117 

113.7 

Input power, kW 

123. 2 

102.6 

Overall thrust system 

Dry mass, kg 

2142 

1678 

Total mass, kg 

4912 

5258 

Input power, kW 

123. 2 

102.6 

Radiator area, m^ 

21 

25 

Specific impulse, sec 

2500 

2000 

Thrust, N 

5.59 

5.78 



TABLE VI-B. - THRUST SYSTEM CONCEPTS 


Thrust module 


Input assumptions 

Derived characteristics 

Concept 
A B 

Propellant 


Xenon 

Mercury 

Performance parameters 

Specific impulse parameter (sec- amu^/^ 

See Table I 


3, 17x104 

3. 14xl0« 


Net accelerating voltage, V 

507 

496 

Total accelerating voltage, V 


1750 

2000 


Thrust density parameter (N-m"^) 

2.31 

3.1 


Power density parameter (kW-m” 2- amu^/^ 

492 

622 


Value of R 

0. 29 

0.248 

Circular thruster diameter, cm 


50 

50 

Fixed power loss, kW 


0, 05 

0. 05 


Thrust per thruster, N 

0.43 

0. 578 


Beam power per thruster, kW 

6. 18 

6. 62 


Discharge power per thruster, kW 

2. 24 

2. 00 


Total thruster power, kW 

8. 47 

8. 67 


Thruster mass, kg 

21 

21 


Gimbal masr, kg 

7 

7 


Active thrusters, N* 

13 

10 


Modified trip time, days 

141 

139 

PMAC Assumptions 

Individual supply mass, kg 

See Appendix C 


Beam 

2.27 

23.2 


Discharge 

10.5 

10 


Low voltage 

Individual supply dissipated power, kW 

15 

15 


Beam 

0. 126 

0.5 


Discharge 

0.305 

0. 27 


Low voltage 

0.03 

0.03 

Thermal system assumptions 

Total dissipated power, kW 
Thrust module thermal system 

6.0 

8.0 


Mass, kg 

186 

248 


Area, m^ 

17.1 

22.8 

Thruster redundancy 
Structural assumptions 


0. 23 

0.2 


Number of thrusters, N 

16 

12 


Total thruster /gimbal mass, kg 

448 

336 


Thruster module structure mass, kg 

139 

104 


Total power supply mass, kg 

444 

578 


Propellant distribution mass, kg 

16 

12 


Thrust module thrust, N 

5. 59 

5.78 


Thrust module mass, kg 

1233 

1278 


Thrust module iniait power, kW 

116.1 

94.7 



TAI LK VI- C. - THRUST SYSTEM CONCEPTS 


Input assumptions 


Propellant storage assumptions 
Shape 

Storage pressure. Pa 
Propellant density. kg-m“^ 
AllowaJjle stress. Pa 
Tank material density, kg-m^ 
Load factor. O 
Design safety factor. X 
Propellant mass, kg 

PMAC Assumptions 


Thermal assumptions 


Structural assumption 


Interface module 



Derived characteristics 


Concept 


A 




Sphei'ical 

Spherical uith 
cvlindrical section 


1.01;<10'^ 

3. 45x 10® 


1. 15x10^ 

1. 30x10'* 


4. 12x10® 

2. 00x10® 


4. 5x10® 

7.9x10® 


9 

1 

9 

3 


77x10® 

3.58x10® 

Propellant tank mass, kg 

099 

34 

Total masses, kg 

See 

Append! .N C 

Distribution inverters 

4.7 

4 

Converters 

3.4 

5. 1 

Thrust sNstem controller 

s.o 

8. 0 

Reconfiguration unit 
Dissipated powers. k\V 

147. G 

IG. 9 

Dir^^ribution inverter 

0. 

0. 09 

Comerter 

0. 09 

0. 08 

Thrust s\ stem controller 

0, 015 

0.015 

Reconfiguration unit 

1. 10 

0.^1 

Interface module thermal s\ stem 



Mass, kg 

42.9 

20. 5 

Area. m~ ' 

2. 95 

1.9 

Interface module structure mass, kg 

. 184 

198 

Interface module mass, kg 

5502 

3868 

Interface modulo input power. k\V 

119. 5 

90.9 


TABLE VI-D. - THRUST SYSTEM CONCEPTS 


Transmission line characteristics 

Input assumptions Derived characteristics Concept 

A B 


Transmission line 


Length, m 

450 

100 

Voltage, V 

1200 (AC) 

300 (DC) 

«PS + “HR* 

0.03 

0. 02 

P, kW 

119. 3 

96.9 

Fv 

1.732 

2.0 

^LPL* 

7. 6x10-5 

1. 55x10-4 

Transmission line mass, kg 

117 

113.7 

Transmission line dissipated power, kW 

3.9 

5.7 

Transmission line input power, kW 

123. 2 

102.6 




FIgurt L - Thrust systtm approKh. 
















Figure 2. - Thrust density parameter versus specific impulse param- 
eter. Thrust density reduced 10 percent from limit value. 
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Figuri 3. * Powtr dmsfty piramittr vtrsus spicific impulst pirim^ 
fUr. (F^onMr density riductd 10 ptrcint from limit valut. 



Figuri 4. • Thruittr and olmbil mats as a 
function of thrustar activa diamitar. 
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(a) (Continuidl THRUST MODULE DEFINITION METHODOLOGY. 
FiguraT. 'Continuad. 
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(l» INTERFACt MOOUIF DIFINITION METHODOLOGY 
Fiqure 1. Confinued. 
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